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SUMMARY 

Complete  pressure  distributions  are  presented  for  a  series  of  delta  wings 
tested  through  an  incidence  range  at  a  Mach  number  of  4.  The  results  have  been 
integrated  to  obtain  lift  and  drag  coefficients  and  the  values  found  are  in  good 
agreement  with  the  trend  from  measurements  on  similar  wings  at  lower  Mach 
numbers.  Some  of  the  models  were  designed  to  test  a  possible  method  of  engine/ 
airframe  integration.  The  results  show  that  it  is  possible  to  add  volume  to 
the  rear  of  the  wing  without  increasing  the  drag  of  the  forebody,  thus  confirming 
the  proposed  method  of  integration. 
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!  INTRODUCTION 

This  Report  gives  the  results  of  pressure  plotting  tests  made  in  the 
3  ft  X  4  ft  tunnel  at  RAE  Bedford  on  seven  delta  wings  at  a  Mach  number  of  4. 

The  first  three  models  were  planned  in  1958  to  study  the  effects  of  subsonic, 
sonic  and  supersonic  leading  edges  at  Mach  nunbers  higher  than  normally  associ¬ 
ated  with  linearized  supersonic  wing  theory.  In  fact  the  three  models  were  geo¬ 
metrically  similar  to  models  then  being  tested  in  the  8  ft  x  8  ft  supersonic 
tunnel  in  connection  with  early  studies  for  a  supersonic  transport.  A  full 
analysis  of  some  of  these  8  ft  x  8  ft  tunnel  tests  has  recently  been  published 
by  Weber  and  King*.  The  other  four  wings  were  designed  to  study  the  effects  of 
integration  of  the  power  plant  with  usable  volume  .  The  particular  method  of 
integration  considered  was  based  on  the  fact  that  the  nozzle  exit  area  of  an  air- 
breathing  engine  designed  for  Mach  numbers  above  4  is  significantly  greater  than 
the  inlet  area,  and  it  was  thought  that  this  increase  in  area  could  be  combined 
with  the  usable  volume  to  give  a  shape  with  a  finite  base  area.  It  was  further 
hoped  that  the  zero-lift  wave  drag  of  the  resultant  shape  apart  from  the  base 
drag  would  be  lower  than  that  of  the  original  wing  volume  with  a  sharp  trailing 
edge.  In  an  actual  aircraft  design  it  should  then  be  possible  to  add  a  constant 
area  duct,  with  an  area  equal  to  the  engine  intake  area,  to  the  blunt  based  wing 
shape.  The  engine  could  then  be  designed  so  that  the  nozzle  filled  the  whole  of 
the  combined  base  area,  but  the  overall  drag  should  still  be  less  than  that  of 
the  usable  volume  alone.  The  full  philosophy  of  this  approach,  together  with  a 
discussion  of  possible  area  distributions,  is  given  in  Ref  2,  and  the  actual 
shapes  chosen  for  testing  are  described  in  section  2. 

The  models  were  tested  in  1962/3,  but  because  of  a  change  in  design  inter¬ 
ests  the  preparation  of  the  results  was  given  a  low  priority.  However,  recently 
there  has  been  renewed  interest  in  the  calculation  of  supersonic  wave  drag  and 
in  calculation  methods  for  supersonic  flow  fields  and  it  was  felt  that  the  pres¬ 
sure  distributions  obtained  on  the  present  series  of  wings  might  serve  as  a  test 
case  for  these  methods.  In  addition  the  results  for  the  drag  at  zero  lift  form 
a  useful  supplement  at  higher  Mach  numbers  to  the  results  analysed  by  Weber  and 
King. 

2  DETAILS  OF  MODEL  GEOMETRY 

Six  models  were  tested,  one  of  them  with  and  without  a  cylindrical  body  at 
the  rear,  making  seven  shapes  in  all.  All  the  models  had  delta  planforms  and 


4 


diamond  cross-sections  normal  to  the  length.  Models*  1  to  3  all  had  'Lord  V 

3 

area  distributions  with  aspect  ratios  of  4/3,  1  and  2/3  respectively,  and  they 

were  geometrically  similar  to  models  234,  239  and  242^  tested  in  the 

8  ft  X  8  ft  tunnel.  Model  4  was  derived  from  model  3  by  the  addition  of  an  area 

distribution  varying  like  x  ,  while  model  5  was  obtained  from  model  3  by  the 

2 

addition  of  an  area  distribution  varying  like  x  .  In  both  cases  the  constant 
of  proportionality  was  chosen  so  that  the  finite  base  area  was  equal  to  half  of 
the  maximum  cross-sectional  area  of  the  combined  shape.  Model  6  was  obtained  by 
simply  adding  a  circular  cylindrical  l^dy  to  model  3  so  that  the  base  area  was 
one  half  of  the  maximum  cross-sectional  area  of  model  3.  Finally  model  7  was 
designed  to  have  the  same  longitudinal  area  distribution  as  model  6,  but  with 
the  additional  area  spread  across  the  section  to  give  diamond  cross-section 
throughout.  Models  3  to  7  all  had  aspect  ratio  2/3.  Planform  shapes  are  shown 
in  Fig  1  and  the  longitudinal  distributions  of  cross-sectional  area  in  Fig  2. 
Details  of  the  actual  area  distributions  are  given  in  the  Appendix  and  further 
details  of  the  model  geometry  in  Table  I.  Drawings  of  models  I  and  3,  generated 
from  their  cross-sections  seen  in  perspective,  are  shown  in  Fig  3. 

All  the  models  were  fitted  with  pressure  holes  along  the  centreline  and 
along  chordwise  lines  at  0.2,  0.4,  0.6  and  0.8  of  the  semispan  (see  Fig  1).  The 
actual  hole  positions  are  tabulated  in  Table  2.  It  will  be  noted  that  only  a  few 
holes  were  available  along  y/s  =  0.2  for  models  3  to  6. 

In  order  to  support  the  models  in  the  tunnel  it  was  necessary  to  add  a 
small  cylindrical  body  at  the  rear  to  shield  the  sting  support  system.  This  body 
was  of  70  mm  diameter  for  models  1  and  2  and  of  84.3  mm  diameter  for  the  others. 

No  shield  was  needed  on  model  6  since  the  sting  could  be  contained  within  the 
basic  shape.  In  addition  the  models  could  be  mounted  on  an  angled  sting  system 
which  entered  the  model  through  one  surface  so  that  the  other  surface  was  undis¬ 
torted.  Methods  for  correcting  for  the  shield  effects  are  discussed  in  section  4. 

3  DETAILS  OF  THE  TESTS 

The  tests  were  made  using  the  interim  wooden  nozzle  of  the  3  ft  x  4  ft 
(0.914  m  X  1.219  m)  tunnel  to  give  a  Mach  number  of  3.96.  The  total  pressure  was 
0.745  MN/m^  and  the  total  temperature  was  40°C,  giving  a  Reynolds  number  of 
3.2  X  10^/m.  Humidity  was  held  at  less  than  210  parts/million. 


*  The  model  numbers  in  the  3  ft  x  4  ft  tunnel  were  301 
and  308  respectively. 


302,  303,  305,  307,  303b 


MMK’ 
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Pressures  were  measured  by  Midwood  self-balancing  capsule  manometers,  and 

up  Co  15  min  were  allowed  at  each  incidence  to  allow  Che  pressures  to  settle^  the 

results  were  then  recorded  on  card.  The  normal  accuracy  of  the  system  corres- 

2 

ponds  to  ±0.001  in  ,  but  at  pressures  less  than  3  kN/m  (C^  =  -0.03)  there 
may  be  additional  errors  due  to  outgassing  in  the  pressure  tubes.  These  latter 
will  give  a  positive  bias  to  C 

P 

Models  1  and  2  were  tested  over  the  incidence  range  -4°  to  +24°  with  the 
model  upright  and  inverted.  Model  3  entered  a  violent  pitching  oscillation  at 
23°  so  tests  on  the  other  models  were  restricted  to  22°.  The  angled  sting  con¬ 
figuration  was  tested  over  a  pitch  range  from  -4°  to  +24°,  corresponding  to  an 
incidence  range  between  ±14°. 

4  STING  INTERFERENCE  EFFECTS 

The  main  series  of  tests  were  made  using  the  straight  sting  system  since 
this  system  produced  the  most  accurate  incidence  settings.  Two  additional  tests 
were  conducted  which  would  permit  a  correction  to  be  made  for  sting  interference 
effects.  In  these  tests  the  model  was  mounted  on  an  angled  sting  which  entered 
it  from  one  side,  the  opposite  surface  being  either  the  true  surface  or  one  which 
featured  a  dummy  sting  shield.  By  suitable  interpolation  it  should  have  been 
possible  to  deduce  from  these  tests  the  sting  interference  effects  at  the  inci¬ 
dences  actually  achieved  in  the  main  tests.  A  computer  program  was  written  to 
process  the  three  sets  of  results  from  each  model,  and  to  plot  the  final  correc¬ 
ted  pressures.  Some  reservations  were  felt  at  the  time  about  the  results  of  this 
process,  since  certain  small  effects  could  not  be  easily  explained,  but  the 
matter  was  not  pursued  since  other  work  was  given  higher  priority.  By  now,  all 
that  remains  on  file  is  the  computer  generated  plots;  the  raw  data  and  the  com¬ 
puter  program  having  apparently  been  destroyed.  However,  for  reasons  given  in 
the  introduction,  it  was  thought  worthwhile  to  rescue  the  results  from  obscurity. 
Since  the  only  doubts  about  the  validity  of  the  data  concern  the  sting  inter¬ 
ference  effects,  some  simple  tests  to  establish  the  likely  magnitude  of  these 
effects  were  made  in  the  supersonic  tunnel  at  Cambridge  University  Engineering 
Department.  In  planning  these  tests  it  was  noted  that  the  centreline  profiles 
of  the  models  were  almost  straight  in  the  region  of  the  sting  shield  (see  Fig  4) 
and  that  the  portion  of  the  cylindrical  body  which  protruded  from  the  model 
surface  was  similar  to  that  obtained  when  a  cylinder  is  cut  by  an  oblique  plane. 
It  was  decided  to  mount  this  shape  on  the  side  wall  of  the  tunnel  and  to  measure 
the  resultant  pressure  field.  The  shape  was  cut  from  a  circular  cylinder  of 
25.4  mm  diameter  with  the  angle  of  the  cut  corresponding  to  the  slope  of  the 
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centreline  surface  of  models  1  to  3  (approximately  U.5°).  This  shape  was 
mounted  on  the  centreline  of  the  tunnel  wall  and  pressures  were  measured  along 
streamvise  lines  25.4  nm,  50.8  mm  and  76.2  mm  above  and  below  the  centreline. 
These  tests  were  made  at  Mach  numbers  of  2.5  and  3.5  at  Reynolds  numbers,  based 
on  length,  of  5.5  x  10^  and  8.8  x  10^  respectively.  In  these  tests  the  thickness 
of  the  wall  boundary  layer  was  about  7  mm.  Results  in  the  form  dp/pj^  ,  where 
Ap  is  the  pressure  increment  due  to  the  body  and  is  the  pressure  in  the 

absence  of  the  body,  are  plotted  in  Fig  5.  These  results  show  that  the  magnitude 
of  the  interference  pressure  field  falls  away  from  the  body  and  that  the  effects 
are  confined  to  a  triangular  region  which  has  its  apex  about  1 .5  body  diameters 
ahead  of  the  nose  of  the  model  and  is  swept  at  the  free-stream  Mach  angle.  The 
actual  magnitude  of  Ap/Pl  slightly  greater  at  M  =  3.5  than  at  M  =  2.5.  It 

is  possible  to  convert  the  measured  pressure  differences  to  pressure  coefficients 
at  M  =  3.96  by  noting  that  the  pressure  over  the  rear  of  the  wings  is  approxi¬ 
mately  constant  and  so  we  may  assume  that  the  body  is  in  a  uniform  flow  field 
for  which  the  local  pressure  is  given  by: 


P 


L 


f 


where  M  is  the  stream  Mach  number  (3.96),  and  p  is  the  stream  static 
pressure.  Thus  AC^  is  given  by 


AC 

P 


iE  -L- 

Pqo  yM^ 

oo 


Pl  yM^  \ 


This  formula  has  been  used  to  estimate  the  magnitude  of  the  sting  effect  on  the 
actual  model,  by  assuming  that  at  each  value  of  y/d  the  maximum  value  of 
Ap/pj^  varies  linearly  with  the  local  Mach  number.  It  has  been  further  assumed 
that  this  Mach  number  can  be  found  from  C  by  the  isentropic  relations.  The 
resultant  maximum  values  of  AC^  at  y/d  ■  1  and  2  are  plotted  in  Fig  6  against 
the  local  value  of  C 

P 
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The  interference  results  from  Figs  5  and  6  were  mainly  used  to  establish 
the  actual  regions  of  interference  on  the  models  and  to  find  the  possible  magni¬ 
tude  of  the  corrections  which  might  have  been  applied  in  these  regions.  In  one 
case,  however,  they  have  been  used  to  correct  what  appears  to  be  a  genuine  error 
in  the  plotted  results.  This  error  occurs  in  the  centre  at  the  rear  of  model  3 
where  the  plotted  pressures  are  higher  than  at  corresponding  points  on  model  6. 

As  will  be  recalled,  model  6  was  obtained  from  model  3  by  the  addition  of  a 
circular  body  at  the  rear  so  that  no  correction  was  needed  for  sting-shield 
interference.  The  results  for  model  6  were  consistent  with  those  for  models  4 
and  5  so  the  results  for  model  3  were  clearly  in  error.  This  error  hampered  the 
analysis  of  the  results,  particularly  at  zero-lift,  and  it  was  decided  to  sub¬ 
tract  the  interference  pressures,  as  found  in  the  Cambridge  tests,  from  the 
results  for  model  6  to  get  'corrected'  zero-lift  results  for  model  3.  These 
'corrected'  results  are  plotted  in  Figs  11,  12,  14  and  15  and  are  used  in  the 
drag  calculations.  However,  the  pressures  for  model  3  plotted  in  Figs  9  and  10 
are  not  corrected  in  this  way. 

5  PRESENTATION  AND  DISCUSSION  OF  RESULTS 

5 . 1  Presentation  of  basic  results 

The  basic  results  for  models  1  and  2  are  plotted  in  Figs  7  and  8  for 
incidences  of  0,  4,  8,  12,  16,  20  and  24°  on  both  surfaces.  The  results  down¬ 
stream  of  the  sloping  lines  shown  for  y/s  =  0.2,  0.4  and  0.6  are  in  the  region 
of  possible  interference  from  the  sting  shield  and  may  be  subject  to  error.  An 
interesting  feature  of  these  results  is  the  increase  in  pressure  which  occurs 
towards  the  trailing  edge  for  y/s  ^  0.4.  At  first  sight  it  might  be  thought  that 
this  increase  in  pressure  is  due  to  shield  interference,  but  this  is  unlikely 
since  it  is  also  present  on  the  centreline  (Figs  7a  and  8a)  where  the  pressures 
must  have  been  measured  on  the  clean  surface  of  the  model  using  the  angled  sting 
system  since  pressure  holes  were  not  placed  on  the  sting  shields.  The  effect  is 
also  present  at  low  incidence  along  y/s  =  0.4  at  points  well  ahead  of  the  region 
of  interference. 


Corresponding  results  for  models  3  to  5  and  for  models  3,  6  and  7  are 
plotted  in  Figs  9  and  10  respectively.  In  these  figures  the  measured  results 
for  model  3  are  plotted  as  symbols  and  the  results  for  the  other  models  are 
represented  by  lines  drawn  through  the  measured  points  whence  these  measwced 
’points  differ  from  the  results  for  model  S.  For  example,  on  the  centreline  of 
models  3  to  5  (Fig  9a)  the  results  on  the  suction  surfaces  for  the  three  wings 
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are  identical  to  plotting  accuracy  so  that  only  results  for  model  3  are  shown. 

In  the  same  figure  the  results  for  model  5  only  differ  from  those  for  model  3 
over  the  last  20Z  of  the  chord,  elsewhere  they  are  identical  to  those  for 
model  3*.  As  for  models  1  and  2  the  results  for  model  3  show  an  increase  in 
pressure  towards  the  trailing  edge  for  y/s  ^0.4,  but  here  the  actual  behaviour 
is  less  clear  since,  as  noted  above,  the  pressures  measured  on  model  3  are  higher 
than  measured  on  model  6  with  the  body  (Fig  10b),  and  are  almost  certainly  in 
error  in  this  region. 

These  results  are  now  considered  in  more  detail  starting  with  the  pressure 
at  zero  incidence. 

5.2  Results  at  zero  incidence 

Pressure  distributions  on  the  three  basic  wings  (models  1  to  3)  at  zero 
incidence  are  compared  in  Figs  11  and  12.  Fig  11  compares  the  pressures  along 
chordwise  lines  whereas  Fig  12  shows  contour  plots.  Two  sets  of  results  for 
model  3  are  shown  in  Fig  1 1 .  The  straight  crosses  show  the  original  results 
whereas  the  solid  points  were  obtained  by  subtracting  the  shield  interference 
pressures  from  the  results  for  model  6  as  explained  in  section  4.  It  is  thought 
that  these  corrected  results  are  the  more  reliable  and  the  contours  of  Fig  12 
are  based  on  them,  as  are  the  drag  coefficients  calculated  below.  From  Figs  1 1 
and  12  it  is  clear  that  in  all  cases  the  pressure  is  highest  at  the  leading  edge 
but  that  it  falls  rapidly  inboard  reaching  a  minimum  in  a  region  parallel  to  the 
leading  edge  (Fig  12).  In  all  cases  the  pressure  rises  again  in  a  triangular 
region  near  the  centre  of  the  trailing  edge.  For  the  reasons  discussed  in  the 
last  section  this  rise  in  pressure  is  thought  to  be  genuine  and  not  due  to  shield 
interference . 


Results  for  the  three  models  have  been  integrated  to  give  drag  coefficients 
This  integration  has  been  carried  out  in  two  ways.  Originally  K.C.  Moore  devel¬ 
oped  a  series  of  weighting  functions  for  each  pressure  hole  so  that  the  drag 

coefficient  was  given  by  ^w.C  The  values  obtained  were  checked  by  plotting 

1  ^  ?i  " 

Cp  against  z  for  each  spanwise  station  and  integrating  the  area  under  the 
curve  to  obtain  sectional  drag  coefficients,  and  these  were  then  integrated 


*  As  a  caveat  to  this  statement  it  should  be  pointed  out  that  the  pressures 
measured  on  the  first  three  holes  along  the  centreline  tended  to  show  an 
erratic  behaviour  on  all  the  models .  These  holes  are  on  a  very  sharp  ridge 
and  are  strongly  influenced  by  slight  misalignment  of  the  models.  The  results 
plotted  for  model  3  are  in  fact  the  mean  of  the  measured  values  for  models  3, 
4,  6  and  7,  since  these  models  are  identical  at  the  nose. 
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across  the  span.  The  results  from  the  two  methods  are  shown  in  Table  3  and  it 
will  be  seen  for  each  wing  the  two  estimates  agree  to  within  0.0002  in  . 
These  coefficients  are  believed  to  be  free  from  any  error  arising  out  of  inter¬ 
ference  effects  from  the  sting  shield,  however,  Table  3  includes  an  additional 
column  of  .  This  value  was  obtained  by  assuming  a  constant  increment  of 

0.008  in  C  (see  Fig  6)  acting  over  the  whole  region  of  interference  from  the 

support.  This  value  of  AC^  is  only  included  as  an  indication  of  the  worst 

error  which  could  arise  from  this  source,  rather  than  as  a  correction  to  be 
applied. 

As  mentioned  in  the  introduction  models  1  to  3  are  identical  to  three 
models  tested  in  the  8  ft  x  8  ft  tunnel  at  RAE  Bedford  at  Mach  numbers  up  to 

2.8.  The  results  of  these  tests  have  recently  been  analysed  by  Weber  and  King* 

who  plotted  the  zero  lift  drag  in  terms  of  ,  the  ratio  of  the  wave  drag  of 

the  given  wing  to  that  of  the  Sears-Haack  body  of  the  same  length  and  volume,  ie 

K  * 

u  ~  7  9  T  9  ’ 

128  ipV  Cq  (VoI/cq)^ 

where  is  the  wave  drag,  Cq  is  the  root  chord  and  Vol  the  wing  volume. 

The  values  of  Kq  from  the  present  tests  at  M  =  4  are  in  good  agreement  with 
the  values  found  by  Weber  and  King*  at  lower  Mach  number  (Fig  13). 

Pressure  distributions  at  zero  incidence  for  models  3  to  5  are  plotted  in 
Fig  14  and  corresponding  results  for  models  3,  6  and  7  in  Fig  15.  In  these 
figures  all  the  pressures  for  model  3  are  plotted  by  round  symbols  and  the 
results  for  the  other  models  only  plotted  where  they  differ  from  those  for 
model  3.  Fig  14  also  includes  theoretical  pressure  distributions  for  the  three 
wings  obtained  from  linearized  supersonic  thin-wing  theory.  As  will  be  seen  the 
measured  pressures  are  higher  than  the  linear  theory  values  although  the  shapes 
are  similar,  except  that  the  increase  in  pressure  at  the  centre  rear  of  model  3 
is  not  predicted  by  theory*.  The  results  in  Fig  15  also  show  that  over  the 
whole  of  the  wing  surface  the  pressures  on  models  6  and  7  are  almost  identical. 
If  genuine,  this  shows  that  the  pressure  distribution  in  this  particular  case 
is  controlled  by  the  longitudinal  distribution  of  area  rather  than  by  cross- 
sectional  shape. 


*  This  pressure  rise  is  less  evident  in  the  ’corrected’  results. 


10 


Drag  coefficients  for  the  bluff-based  models  (4,  5  and  7)  are  tabulated 
in  Table  3.  In  these  cases  it  was  assumed  that  the  bluff  base  was  acted  on  by 
free  stream  static  pressure,  so  that  base  drag  was  neglected.  This  is  a  reason¬ 
able  way  to  compare  different  shapes  if  we  are  entitled  to  assume  that  the  whole 
of  the  base  area  is  available  for  exploitation  when  we  come  to  integrate  the 
propulsion  system.  The  drag  acting  forward  of  the  base  was  again  calculated  by 
both  the  methods  discussed  previously.  This  time  the  results  of  the  two  methods 
vary  by  up  to  0.0004,  with  the  largest  discrepancy  on  model  7.  For  this  model 
the  original  value  is  much  lower  than  the  recalculated  value.  Since  the  drag 
loops  for  model  7  are  similar  to  those  for  model  4,  and  close  to  those  for 
model  3  (see  Fig  16)  it  would  appear  that  the  recalculated  drag  is  the  more 
accurate.  The  measured  drag  coefficient  of  model  3  is  about  65%  of  the  linear 
theory  value  (Table  3)  and  this  reduction  is  in  line  with  the  conclusions  of 
Weber  and  King.  For  the  models  with  bluff  bases  the  measured  drag  is  closer  to 
the  theoretical  values  but  models  4  and  7  still  have  lower  drags  than  model  3 
in  spite  of  the  large  increase  in  volume.  The  drag  of  model  5  is  greater  than 
that  of  model  3  (C^  =  0.0020  compared  with  0.0017),  but  in  this  case  there  is  a 
30%  increase  in  volume.  Since  drag  is  proportional  to  the  square  of  volume  (for 
given  plan  area  and  thickness  distribution)  the  drag  of  model  5  is  also  much 

less  than  that  of  a  wing  of  equal  volume  with  a  sharp  trailing  edge.  The  ratio 
2 

drag/ (volume)  is  in  fact  0.70  for  model  4,  0.66  for  model  5  and  0.63  for  njodel  7, 
if  model  3  is  taken  to  give  a  reference  value  of  1.00.  Thus  the  results  for  the 

models  with  bluff  trailing  edges  show  that  it  is  possible  to  add  volume  at  the 

rear  with  a  reduction  in  drag,  although  the  actual  reduction  is  less  than  that 
predicted  by  linear  theory. 

5.3  Pressure  distributions  at  incidence 

The  pressure  distributions  for  models  1,  2,  3,  4,  5  and  7  for  incidences 
up  to  12°  were  integrated  by  Moore  to  obtain  and  using  his  weighting 

functions.  Results  for  and  are  plotted  in  Figs  17  and  18.  Fig  17  also 

includes  the  linear  theory  values  for  the  basic  wings,  and  it  will  be  noted  that 
the  measured  lift  is  always  below  the  linear  theory  value.  It  is  also  interest¬ 
ing  to  note  that  on  all  the  models,  except  model  1 ,  the  variation  of  lift  with 
incidence  is  non-linear.  For  the  wings  of  aspect  ratio  2/3  the  thickest  wing 
(wing  7)  appears  to  produce  the  most  lift. 

2 

The  drag  coefficients  are  plotted  against  in  Fig  18  and  in  all  cases 

the  points  lie  on  straight  lines.  Values  of  the  lift-dependent  drag  factor 


obtained  from  these  lines  are  tabulated  in  Table  3  and  the  results  for  the  basic 
wings  are  compared  with  results  at  lower  Mach  numbers  in  Fig  J9.  The  present 
results  are  all  just  above  the  linear  theory  values  with  no  leading-edge  suction 
and  are  in  excellent  agreement  with  the  trend  of  the  results  obtained  at  lower 
speeds . 

Fig  20  compares  the  pressure  distributions  across  the  span  at  various 
chordwise  stations  on  model  I  with  measured  distributions  on  two  conical  models 
of  the  same  aspect  ratio.  Near  the  nose  of  the  model  the  measured  pressure 
distributions  are  similar  to  those  found  on  the  thick  conical  model,  but  aft  of 
X  =  0.25  the  pressures  are  similar  to  those  on  the  flat  (-te  thin)  wing.  Unfor¬ 
tunately  measured  results  are  not  available  for  conical  wings  of  aspect  ratio  1 
and  2/3. 

Finally  Fig  21  compares  the  results  for  model  1  at  24°  incidence  with  two 

theoretical  estimates  based  on  (a)  thin-shock-layer  theory  combined  with  shock 

4  ,  5  . 

expansion  theory  and  (b)  non-conical  thin-shock-layer  theory  .  A  full  discus¬ 
sion  of  these  theories  and  of  their  application  to  the  present  results  will  be 
found  in  Refs  4  and  5. 

6  CONCLUDING  REMARKS 

The  analysis  of  the  results  presented  in  this  note  has  been  hampered  by 
the  long  delay  since  the  tests  were  completed  and  by  the  failure  to  trace  the 
original  raw  data.  In  particular  there  must  be  doubts  about  the  accuracy  of  the 
measured  pressures  in  the  region  influenced  by  the  sting  shield,  although  some 
of  these  doubts  have  been  removed  by  the  additional  tests  made  at  Cambridge.  In 
fact  the  good  agreement  of  the  zero-lift  drag  coefficients  with  results  on 
similar  wings  at  lower  Mach  numbers  would  suggest  that  the  results  have  been 
reasonably  well  corrected  for  interference  effects. 

The  measured  drags  of  the  models  with  blunt  bases  confirm  that  it  is 
possible  to  add  volume  to  a  basic  wing  with  a  sharp  trailing  edge  so  as  to 
reduce  the  forebody  drag.  However,  the  actual  reductions  are  less  spectacular 
than  originally  thought  possible.  In  part  this  may  be  because  the  drag  of  the 
basic  shape  is  lower  than  estimated  and  therefore  the  scope  for  drag  saving  is 
less. 

Also,  of  course,  the  estimated  reductions  were  based  on  linear  theory, 
which  is  unlikely  to  be  reliable  at  M  =  4.  Indeed,  one  of  the  reasons  for  the 
delay  in  publishing  the  present  results,  was  the  change  in  interest  which  came 
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from  the  realisation  that  integrated  shapes  could  be  designed  using  non-linear 
theories,  by  means  of  the  'waverider*  concept^  As  design  techniques,  both 
methods  have  limitations.  Linear  theory  permits  us  to  consider  a  wider  variety 
of  shapes,  but  only  to  evaluate  them  approximately.  The  waverider  approach 
allows  the  accurate  evaluation  of  a  limited  class  of  shapes.  A  fair  comparison 
between  the  two  methods  would  be  a  very  elaborate  exercise,  and  far  beyond  the 
scope  of  the  present  paper. 

Little  analysis  has  been  carried  out  on  the  pressure  distributions  at 
incidence,  but  it  is  considered  that  these  pressure  distributions  will  provide 
useful  test  cases  for  numerical  methods  in  supersonic  flow,  as  demonstrated  by 
the  results  plotted  in  Fig  21. 


068 


068 


Appendix 

DETAILS  OF  LONGITUDINAL  DISTRIBUTIONS  OF  CROSS-SECTIONAL  AREA 

Models  1  to  3  have  'Lord  V'  distributions  of  cross-sectional  area  given  by 

s(X)  =  0.28(V/Cq)X^(1  -  X)(1  -  3X/2  +  X^  -  X^/4) 

where  s(X)  is  the  cross-sectional  area  at  X  (=  x/Cq)  and  x  is  the  stream¬ 
line  distance  from  the  vertex.  V  is  the  volume  and  c^  the  root  chord. 

Models  4  and  5  have  this  area  distribution  modified  by  the  addition  of  a 
sextic  and  quadratic  term  respectively,  ie 

s(X),  =  s(X)_  +  7179  X^ 

4  i 

s(X)^  =  s(X)^  +  8710  X^  . 

In  these  distributions  the  constant  is  measured  in  square  millimetres  and 
was  chosen  so  that  the  base  area  is  half  of  the  maximum  cross-section  area  of 
the  wing. 

Models  1  to  5  all  have  diamond  cross-sections. 


Model  6  was  obtained  from  Model  3  by  the  addition  of  a  cylindrical  body  of 
diameter  95.59  mm  at  the  rear  of  the  wing.  Again  this  body  was  chosen  so  that 
the  base  area  is  half  of  the  maximum  cross-sectional  area  of  model  3.  Model  7 
has  the  same  area  distribution  as  model  6,  but  the  additional  area  added  is 
spread  across  the  wing  so  that  this  model  has  diamond  cross  sections.  This  area 
distribution  cannot  be  expressed  easily  in  algebraic  terms,  but  the  addition  to 
the  root  profile  for  model  7  is  tabulated  below. 


Additional  root  profile 
model  7,  (no  change  for 


X  “  0.583) 

X 

Ah 

0.6 

0.88 

QBn 

0.65 

2.58 

mm 

0.7 

4.36 

mm 

0.75 

6.16 

mm 

0.8 

7.92 

mm 

0.85 

9.62 

mm 

0.9 

11.21 

mm 

0.95 

12.72 

mm 

1  .0 

14.12 

mm 

Ah 


i 


Table  2 

COORDINATES  OF  PRESSl 


Holt  Mo. 

*  \etding  edge 

Clocal  chord  Itngck) 

y/o 

Hodel 

112 

Modal 

3(46) 

Model 

4 

Modal 

5 

Modal 

7 

0 

O.OI 

0.01 

0.01 

0.01 

0.01 

0 

0.025 

0.025 

0.025 

0.025 

0 

0.05 

0.05 

0.05 

0.05 

0 

0.10 

0.10 

0.10 

0.10 

5 

0 

0.15 

0.15 

0.15 

Bit^H 

0.15 

0 

0.20 

0.20 

0.20 

Br~7S^I 

0 

0.30 

0.30 

0.30 

Br~!f!^l 

kHSH 

0 

0.40 

0.40 

0.40 

0.40 

0 

0.50 

0.50 

0.50 

Br~!T«^l 

0.50 

10 

0 

0.60 

0.60 

0.60 

0.60 

1! 

0 

0.70 

0.70 

0.70 

0.70 

12 

0 

0.80 

0.80 

0.60 

0.60 

13 

0 

0.85 

0.85 

0.85 

U 

0 

0.90 

0.90 

0.90 

0.90 

IS 

0 

0.95 

0.95 

0.95 

0.95 

0.975 

16 

0 

0.975 

0.975 

0.975 

0.975 

- 

17 

0 

0.99 

0.99 

0.99 

0.99 

- 

16 

0.2 

0.025 

0.025 

0.025 

0.025 

0.025 

19 

0.2 

0.05 

0.05 

0.05 

0.05 

0.05 

0.2 

0.10 

o.io 

0.10 

0.10 

0.10 

0.2 

0.15 

0.15 

0.15 

0.15 

0.15 

0.2 

0.20 

0.20 

0.20 

0.20 

0.20 

23 

0.2 

0.30 

0.30 

0.30 

0.30 

0.30 

24 

0.2 

0.40 

« 

- 

- 

0.40 

25 

0.2 

0.50 

- 

- 

- 

0.50 

2i 

0.2 

0.60 

- 

- 

- 

0.60 

27 

0.2 

0.70 

- 

- 

- 

0.70 

28 

0.2 

0.80 

• 

- 

- 

0.80 

29 

0.2 

0.85 

- 

- 

- 

0.90 

30 

0.2 

0.90 

- 

- 

- 

0.95 

31 

0.2 

0.95 

- 

- 

- 

0.975 

32 

0.2 

0.975 

- 

- 

- 

- 

33 

- 

- 

• 

- 

- 

- 

34 

0.4 

0.023 

0.025 

0.025 

0.025 

0.025 

35 

0.4 

0.05 

0.05 

0.05 

0.05 

0.05 

36 

0.4 

0.10 

0.10 

0.10 

0.10 

0.10 

37 

0.4 

0.15 

0.15 

0.15 

0.15 

0.15 

38 

0.4 

0.20 

0.20 

0.20 

0.20 

0.20 

39 

0.4 

0.30 

0.30 

0.30 

0.30 

0.30 

40 

0.4 

0.40 

0.40 

0.40 

0.40 

0.50 

41 

0.4 

0.50 

0.50 

0.50 

0.50 

0.60 

42 

0.4 

0.60 

0.60 

0.60 

0.60 

0.70 

43 

0.4 

0.70 

0.70 

0.70 

0.70 

0.80 

44 

0.4 

0.60 

0.60 

0.60 

0.60 

0.85 

45 

0.4 

0.85 

0.85 

0.85 

0.85 

0.90 

46 

0.4 

0.90 

0.90 

0.90 

0.90 

0.95 

47 

0.4 

0.95 

0,95 

0.95 

0.95 

0.975 

48 

0.4 

0.975 

0.975 

0.975 

0.975 

- 

49 

0.6 

0.05 

0.05 

0.05 

0.05 

0.05 

so 

0.6 

0.10 

0.10 

0.10 

0.10 

0.10 

51 

0.6 

0.15 

0.15 

0.15 

0.15 

O.IS 

52 

0.6 

0.20 

0.20 

0.20 

0.20 

0.20 

53 

0.6 

0.30 

0.30 

0.30 

0.30 

0.30 

54 

0.6 

0.40 

0.40 

0.40 

0.40 

0.40 

55 

0.6 

0.50 

0.50 

0.50 

0.50 

0.50 

56 

0.6 

0.60 

0.60 

0.60 

0.60 

0.60 

57 

0.6 

0.70 

0.70 

0.70 

0.70 

0.70 

58 

0.6 

0.60 

0.80 

0.60 

0.80 

0.60 

59 

0.6 

0.65 

0.63 

0.85 

0.85 

0.85 

60 

0.90 

0.90 

0.90 

0.90 

0.90 

61 

BKI 

0.95 

0.95 

0.95 

0.95 

0.95 

62 

0.8 

0.30 

0.30 

0.30 

0.30 

0.10 

63 

0.8 

0.40 

0.40 

0.40 

0.40 

0.20 

64 

0.8 

0.50 

0.50 

0.50 

0.50 

0.30 

65 

0.8 

0.60 

0.60 

0.60 

0.60 

0.40 

66 

0.8 

0.70 

0.70 

0.70 

0.70 

0.50 

67 

0.8 

- 

- 

- 

> 

0.60 

68 

0.8 

- 

- 

0.90 

0.90 

0.70 

69 

0.8 

- 

- 

- 

- 

0.60 

70 

O.H 

- 

- 

- 

- 

0.90 

71 

0.8 

“ 

” 

“ 

0.95 

Table  3 


DRAG  COEFFICIENTS 
Drae  coefficients  at  zero  lift 


Model 


^0 

(Theory) 

^0 

(KCM) 

^0 

(LCS) 

ACdo 

0.00318 

0.0030 

0.00026 

0.00243 

0.0023 

0.00021 

0.00251 

0.00151* 

0.0017 

0.00028 

0.00182 

0.00133 

0.0015 

0.00235 

0.00216 

0.0020 

0.00017 

0.00109 

0.0015 

*  This  value  is  based  on  the  'original'  pressures 
whereas  the  next  (LCS)  value  is  based  on  the 
'corrected'  pressures,  see  section  5.2 

2 

Lift-dependent  drag  factor  (K  =  ^A(Cp  -  Cdq)/Cj^) 


Model 
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LIST  OF  SYMBOLS 


A  aspect  ratio 

Cq  centreline  chord 

Cp  pressure  coefficient 

Cjj  drag  coefficient 

lift  coefficient 

d  diameter  of  sting  shield 

wave  drag 

Kq  zero-lift  wave  drag  factor 

K  lift»dependent  drag  factor 

M  Mach  number 

Ap  pressure  increment  due  to  sting  shield 

Pj^  local  pressure  without  sting  shield 

p  static  pressure 

s  semispan  of  wing 

V  velocity  of  free  stream 

Vol  wing  volume 

w^  weighting  factor 

X  streamwise  coordinate 

X  x/Cq 

y  spanwise  coordinate 

z  coordinate  normal  to  x,  y 

T  'volume  factor'  =  (volume)  ^  (wetted  area) 
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Fig  2  Longitudinal  distributions  of  cross-sectional  area 
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sections,  shown  in  perepective,  for  two  of  the  besic  wings 
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Fig  7a  Pressure  distributions  on  model  1,  centre  line 


Fig  7b 


Fig  7b  Pressure  distributions  on  model  1,  y/s  =  0.2, 0.8 
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Fig  7c  Pressure  distributions  on  model  1,  y/s  *  0.4, 0.6 


Fig  8a  Pressure  distributions  on  model  2,  centre  line 
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Fig  8b  Pressure  distributions  on  model  2,  v/s  =  0.2. 0.8 
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Fig  8c  Pressure  distributions  on  model  2,  y/s  =  0.4, 0.6 


Centreline  '  ,  yls=0J6 

^  12  Model  3 


I 


Fig  10a  Pressure  distributions  on  models  3. 6, 7,  centre  line  and  y/s  «  0.8 
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Fig  14  Pressure  distributions  at  zero  incidence,  modMs  3, 4, 5 


Fig  19  Lift-dependent  drag  factors 
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